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ANATYSIS OF SEVERAL METHODS OF PUMPING COOLING AIR
FOR TURBOJET-ENGINE AFTERBURNERS

By John C. Samuels and Herbert Yanowitz

SUMMARY

Several methods of pumping elr to an annular cooling passage sur-
rounding a typlical axlial-flow turbojet-engine afterburner were evaluated
and compared on the basis of thrust and specific fuel consumption of the
propulsive systems. Each of the systems was esnslyzed over a range of
afterburner-wall temperstures, flight Mach numbers, and efterburner gas
temperatures at altitudes of sea level and 35,000 feet. A typlesl
turbojet- engine and coolinghair-passage confilguration was used for the
analysis.

From the viewpoint of simplicity, as well as thrust end specific
fuel consumption considerations, ram pressure recovery, boundary-layer
pressure recovery, and ejecior systems appeared to be very satisfactory
systems at high Mach mumbers. At low Mach numbers, choking of the cool-
ing passage limited the cooling-air weight flow obtalnsble with these
systems and, therefore, the lowest attainsble wdll temperatures. Cooling
with compressor-exit sir bleed was found to be unsatisfactory because of
high thrust losses, but the use of compressor bleed air as the primary
fluid in a high-performance ejector was satisfactory. The use of an
auxiligry compressor driven from the engine shaft increased the thrust
and decreased the specific fuel consumption of the engine for many of
the conditions investigated.

INTRODUCTION

Afterburning is well established ass an.effective means of 1ncreasing
the thrust of a turbojet engine. In order to obtain the meximum thrust
from an afterburner, it 1s necessary to burn to the highest temperatures
possible (reference 1). At these high temperatures, materisl limitations
(reference 2) necessitate the installstion of cooling systems to permit
safe and religble operstion.
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Various methods have been proposed for coollng the afterburner wall
(references 3 to 8). Cne of the proposed methods 1ls cooling by means of
convective heat transfer to air flowing through an asnnuler passage sur-
rounding the afterburner as described in reference 8. This cooling
method is the one considered in this report. Both experiment and analy-
sis (references 9 to 11) show that this method can provide satisfactory
cooling for the afterburner wall. An analyticel method 1s developed in
reference 9 for celculating the maximum well temperature of an after-
burner cooled by air or gas flowing through & surrounding annular pas-
sage and the cooling-alr weight flow required to mgintain this
tempera-ture. . - e JR— G . —

Selection of this method of afterburner cooling leads to the gues-
tion of what thrust and specific fuel consumption penalties are incurred
by pumping the cooling alr over the burner. In order to provide this
information, an analyticel study wes underteken to determine the per-
formance characteristicse of several methods of pumping cocling air
through & particular annuler passage surrounding a typical turbojet
afterburner. The methods considered in the asnalysis were: (a) ram or
boundary-layer preéssure, (b) engine-jet actuated ejector, (c) aux-
1ilary compressor driven from the engine shaft, (d) compressor-exit
air bleed, and (e) compressor-exit bleed-alr actuated ejector. Each
system was analyzed over a range of afterburner exhaust-gas temperatures,
afterburner-wall temperatures, and flight Mach numbers at altitudes of
sea level and 35,000 feet. Results of the analysis indicate the thruet
and specific fuel consumptlon variations snd the operating limits of
each system when used with the Jet engine and cooling passage selected
for the amslysis.

COOLING PASSAGE AND PUMPING TECHNIQUES

The englne used 1n this ahalysis was a typical axial-flow engine
with a compressor pressure ratlo of 5.20. The limiting turbine-outlet
temperature was 1735° R and the assumed sea-level slr flow was
93.1 pounds per second. :

The cooling system selected consisted of an snnular passage sur-
rounding the afterburner wall. Alr was assumed to pass through the
annulus and ccol the wall by means of forced convection. The cooling-
alr passage had an inslde diameter of 32 inches, & length of 60 inches,
end a height of 1/2 inch. The cooling alr was pumped through the passage
by the followlng methods: (&) ram or boundary-layer pressure recovery,
(o) engine-jet actuated ejector, (c) auxiliary compressor driven from
the engine shaft, (d) compressor-exit air bleed, and (e) compressor-exit
bleed-air actuated ejector.
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Ram and boundary-layer pressure. - For the case where the cooling
gir 1s pumped by means of ram or boundary-layer pressure recovery,
the cooling alr 1s ducted directly from a ram-sir inlet or boundary-
layer scoop to the cooling-alr passege (fig. 1(a)). After passing
through the cooling passage, the air is discharged at amblent static
pressure through a verlable-ares nozzle. The cooling-glr mess flow 1s
controlled by this nozzle up to the point where the cooling passage
chokes. Once the passage has choked the only way to increase the mass
flow of cooling air 1s to increase the coollng-alr stagnastion pressure.
Consequently, choking of the cooling paessage limits the minimum tempera-
tures attainable by the use of ram or boundery-layer pressure recovery.

Engine-jet actuated ejector. - The engine-Jet actuated ejector
(fig.  1(b)) is & simple mechanical device which uses the main jet to
pump the cooling air. The cooling eir from a ram or boundary-layer
inlet 1s ducted to the cooling pessage and sucked over the afterburner
wall by the entraining asction of the englne Jet. As is the case with
ram and boundary-layer pressure recovery, the lowest well temperature
obtainable at any Mach number 1s limited by choking of the cooling pas-
sage. The engine-jet actuated ejector considered in this report was an
infinitely varisble ejector. The spacing and diameter were varied to
glve the optimum performance at esch point.

Auxiligry compressor driven from the engine shaft. - For the case
of the auxiliary compressor {(fig. l(c)}, a compressor with an assumed
constant efficiency of 85 percent delivers alr to the cooling-air pas-
sage at whatever welght flow is required. The air is supplied by either
rem or boundary-layer inletg, 1s pumped through the cooling passage, and
is then discharged to ambient pressure. The energy to run the compressor
is supplied by gearing the compressor to the engine shaft. It has been
estimated that a compressor that welghs less than 5 percent of the weight
of the engine could maintain an afterburner-well temperature of 1650° R
with the 3900° R burner over the range of flight Mach numbers investigated
at sea level.

Compressor alr bleed. - For compressor alr-bleed cooling (fig. 1(d)),
alr is bled directly from the compressor exit, ducted to the cooling
passage, and discharged st the end of the cooling passage to esmbient
pressure. Thig alr is under high pressure and is therefore capable of
Torcing itself through the cooling-sir passage. The most effective way
to employ compressor air bleed for cooling is to bleed off from that
stage of the compressor where the air pressure is Just sufficient to
force the required cooling air through the passage. This method would
require a complicated system of controls and was not considered in this
analysis.

Compressor bleed-alr actuated ejector. - A constant-grea mixing
ejector of the type discussed in references 12 and 13 with a diffuser
added at the end of the mixing tube (fig. 1{e)) is used to pump air to
the cooling-air passage. The primasry fluid is supplied by bleeding air
from the compressor exit and the ejector-secondary fluld 1s either ram
or boundary-layer air.
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ANALYTICAL TECHNIQUE

The anelyslis outlined 1n the following paragraphs describes the
methods used to determine the flow characteristics of the cooling-air
pessage, the chsracteristics of the variocus pumping techniques, and the
effects that extracting power has on the primary engine performance.
The fuel consumption end the combined thrust of the engine and cooling-
air system are then computed. "Analytical and empirical methods of
determining most of the information desired have been previously pub-
lished and no new experimental dats were required. o

Determination of wall tempersture. - A method for determining the
maximum average wall temperature for an afterburner cooled by alr pas-
sing through e surrounding annular passage has been developed in refer-
ence 9. This was accomplished by making several simplifying assumptions
regarding the nature of the flow in the combustion chamber and cooling-
air passage. By the method of reference 9, the exit temperature of the
cooling ailr, which is needed to determine the wall temperature, is
obtained from .

iU
Tg,3 = T, 3 w - T
- T RN ERE macn e oxomd) MR
g,4 c,4 . g,4 2,3 c%p,c
= - . 5 (1)

- T
8,4 g,3 —_—
chep,c

All symbole are defined in sppendix A. In equastion (1) the dependence
of the parsmeter ZU/chep ¢ On the slgnificant variables was determined

by dimensional analysis and is the reciprocal of the following
expression:

0.84 1.20 0.38 0.23
G /@
—eB:2 . 50,000 (—E) (Gg°'29) (—————-b - )(——T L -
Gg g4 c,3 (2)

where Gg, Gg, b, 1, Tg,4, and  Te,3 are specified quantities. After

the cooling-alr exit temperature is determined, the maximum wall tem-
pereture can be cbtalned from a heat balance between the hot tail-plpe
gases and the cooling alr at the exit of the coocling-alr passage.

T
T

Typicsl resulte of the application of the preceding methods to the
afterburner used in this analysis are shown In figure 2. These results
are worked out for static sea-level operation of the engine. Shown also
in figure 2 are results from a correlation of experimental data (refer-

ence 10) teken on a burner 605% inches in length and 26 inches in

2545
|
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digmeter with a l/Z—inch cooling passage. These results show that the
ebsolute values of the cooling-air reguirements determined by the method
of reference 9 are reasonably close to the values obtained experimen-
tally. The theoretical method of computing cooling-air requirements was
used throughout the study because it permitted investigatlon of a
gregter range of variables.

When the analytical method of reference 9 1s used and a range of
values for Tc,3 and A are chosen, figure 3 can be comstructed. Filg-

ure 3(a) shows the varigstion of afterburner-wsll {temperature with
cooling-sir inlet temperature for several wvalues of cooling-alr welght-
flow ratio A for the particular afterburner of this study. Figure 3(b)
shows similar results for the cooling-air cutlet temperature. It should
be noted that these results are dependent on flight conditions and the
efterburner-gas exlt temperature. Graphs similar to figure 3 were used
in the calculations for all the cooling-sir pumping methods studied.

Determination of pressure drop in afterburner shroud. - Seversl
methods exist for determining the pressure drop of flulids flowing through
pipes and ennuli with friction and heat addition (references 14 to 18).
In this study the method of reference 16 is used bhecause of its special
reference to annular sfterburner cooclers. The method 1s based on the
assumption that the longitudinsl temperature distribution in the cooling-
air passage may be approximated by exponentlal arcs. By the use of this
method, the pressure drops can be computed gquickly with a fair degree of
accuracy.

The cooling-passage characteristics shown in figures 4 and 5 were
camputed from the method presented in reference 16 and from the wall
temperatures shown in figure 3. In figure 4, the pumping characteristics
of the passage for a typical set of conditions are given. The cooling-
air outlet pressure is presented as a functlion of the cooling-air 1nlet
temperature for different cocling-sir weight-flow ratios at sea-level
stetic conditione in figure 5. These figures are valld only for those
operating conditions for which the cooling air is discharged directly to
ambient (altitude) pressure; that i1s, they are used in all mstching prob-
lems except those of the engline-Jjet actuated ejector.

Characteristics of cooling-air pumps. - In order to analyze the
various cooling-air pumps, 1t i1s necessary to first determine the
required cooling-alr welght flow with each system for a given wall tem~
perature over a range of flight conditions and exhasust-gas temperatures.
With these velues known, the conditions of the cooling eir at the end of
the cooling passage are determined. Knowledge of the weight flow and
the exit conditions of the cooling air permits determinastion of the
thrust or drag of the cooling air and the effect that pumpling the cooling
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alr has on the engine performance. The evaluation of the different
cooling schemes is based on two parsmeters: (a) the ratio of the cor-
rected net thrust of the engine and afterburner with the cooling scheme

to that without the cooling scheme, designated hereinsfter as thrust
ratio, and (b) the ratio of the over-all specific fuel consumption of

the engine and afterburner with the cooling scheme to that without the
cooling scheme, designated hereinsfter as specific fuel consumption

ratio. The method of computing thrust rati¢ and specific fuel consumption
for each of the pumping schemes is given in the succeeding paragraphs.

The range of variables investigated is shown in the following table:

Al%;tgde My Tg,a T
(°R) (°R)
Sea level| O 3500 and 3900 | 1500 to 2300
.5
.9
35,000 0.8
1.94
2.0

Ram and bourdery-layer pressure recovery. - The first step in the
analysis of ram and boundary-layer pressure recovery as a cooling-air
pump is to determine the conditions of the cocling salr at the beginning
of the cocling passage. The total temperature is determined from the
well known relation .

Tc,5

-1 2
a“=l+~—z—Mo (3)
and the total pressure is found from figure 6. The boundary-layer curve
in figure 6 represents dete obtalned in the NACA Lewis 8- by 6-foot
supersonic wind tunnel for s representative side inlet boundary-layer
scoop and the ram-pressure-recovery curve represents the pressure recov-
ery thet should be attainable from an efficient practical diffuser.
Equation (3) and figure 6 are used throughout this report to determine
tempereture and pressure recovery, respectively, as functions of flight
Mach number. '

From graphs similar to figure 3(s), the cooling-air weight-flow
ratlio 1s obtalned from given values of flight Mach number, afterburner-
wall temperature, exhsust-gas temperature, cooling-air inlet temperature,
and altitude. With Tc,s’ Tg,s% Tg,4, Pg, end X  known, Tc,4 is resd

from figure 3(b),end T, 4/t ‘15 computed. The method of reference 16
is then used to calculate Pc 4/Pa With these values known, the thrust
ratio msy then be determined frcm the followiling equation'

2545
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-5
(F;:c) =1 4 ‘W’c/\/_i gl\/ai (4)

E —n__ .
uaf\[e_l.)E

n

where, for a choked passage

-1 TR/ 2

Fy /519 TR (2 Tc,é) 1. Pa) (s)
W n/ 1 -1 T Po,a

and for an unchoked passage

+1
1/2

Fi,e _ [519 TR r+l 2(y-17 (Tczé) / 2 _ Ps (6)

N g Ty L Pe,a

Since the use of boundary-layer or ram alir alone does not affect the
engine operation, the fuel-glr ratlo will not change and the specific
fuel consumption retio will be the reciprocal of the thrust ratio.

Engine-Jet actuated ejector. - Because of the difficulties Involved,
no adequate analysis of the engine-Jet actuated ejector has been made,
and it was necessary to use unpublished date on & cylindrical ejector in
addition to the data of references 17 to 20 in order to select the pro-
per ejector for each flight condition. Typlcel experimental pumping and
thrust characteristics of the engine-~jet actuated ejector are shown in
figures 7 and 8, resgpectively. The operating points of the cooling-air
passage and the jet ejector for various wall temperatures and flight
conditions are fixed by determining a configuration which gives the
required pumping for the specified wall temperature while at the same
time producing the maximum thrust obtainable for thet cooling-air flow.
Experimentsl ejector thrust snd pumping charts such as shown in fig-
ures 7 and 8 sre used in this matching process.

The first step in the matching process is to determine the state of
the air entering the cooling passage by the use of equation (3) and fig-
ure 6. Fram figure 3(a), the cooling—air welght-flow ratio 1s obtained
from the given values of Mg, tg, Tg 35 Te,3, end pg. With these
values known, T, 4 18 reed from figure 3(b), and B, o/Pg is computed

by the methods of reference 16. From engine-cycle analysis, 2, 4/Pa is
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computed and en ejector configuration is selected to give the maximum
thrust ratio for particular values of Pg,4/Pa, Pg,4/Pa, and

7\‘VTCJ‘!*;TB.A- Because the primary nozzle was operated choked at all o

points, the ejector did not affect the operation of the engine and the.
speclfic fuel consumption ratlo is the reclprocal of the thrust ratlo.

The date presented in references 17 to 20 are for gases &t room
temperature, and performance dats obtained with hot ses may be differ-
ent. The square root of the temperature ratlo Tc’4 Tg,4 will tend to

correct-the ejector welght-flow ratio to that of room tempersture (ref-
erence 22), and therefore this correction was used. Since no report
shows that the thrust of en ejector is considerebly affected by tempera-
ture, no correction was applied to the thrust dgta presented in
references 17 to 20. )

2545

Auxiliary compressor driven from engine shaft. - As in the two pre-
vious cases, the state of the cooling air at the inlet to the compressor
is determined by means of equation (3) and figure 6. Also required in
the matching problem is the relatlon between the pressure ratio and the L
temperature ratic of the auxiliery campressor. The compressor perform-
ance used hereln, which 1s shown in figure 9, was computed from the fol-
lowing expression: ’

T-1

P T -

;’3= 1+n(_&§-) (7)
5 Ts5

It was assumed that the compressor could deliver any quantity of air at
the desired pressure ratio with a constant efficiency of 85 percent.

The operating points of the cooling-air passage and the auxiliary
compressor can be determined from the location of the intersections of
the passage characteristics (fig. 4) and the compressor characteristics
(fig. 9). Before this determination is made, the pressure-ratio scale
of the suxiliary compressor characteristics curve must be multiplied by
the ram or boundary-layer pressure-recovery ratlo and the temperature-

ratlio scale must be multiplied by 1 + I%E sz. In figure 4, the aux-

1liary fan characteristics are superimposed over the passage character-
istics for sea-level static operation and an exhaust-gas temperature of
3500° R. If & value of A is chosen, values of Tc,3/ta and Pc,S/Pa

can be determined from the intersection of the two curves. With the
value of T, z/t, known, T, z, To 45 Ty, end P, 4 may be determined.

The selection of a range of values for A permits a range of values for
Tw to be investigated at each flight condition.
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In order to determine the thrust and specific fuel consumption
ratios, the effect of extracting energy from the engine shaft must be
known in addition to the thrust provided by the cooling air. Figure 10
wag constructed using the methods of reference 21. This figure shows the
variation of the thrust ratio with the power extractlion factor. These
curves do not include the effects of cooling-air thrust and are good
only for an exhaust-gas temperature of 3900 R. Similar curves were
prepared for an exhsust-ges temperature of 3500° R. (The vealue of thrust
ratio without cooling-air thrust is read from these charts using the
value of the power extraction factor at the match point.) The thrust
ratio of the cooling air is sdded to this and the over-all thrust ratio
is obtained from

(29,3,

The specific fuel consumption ratio with cooling is obtained by
dividing the sum of the engine fuel, ss determined from the method of ref-
erence 21, and the afterburner fuel flow by the thrust of the afterburner

and cooling-air Jjet. The afterburner fuel flow is determined by the
application of an enthalipy balance to the afterburner. The combustion
efficiency of the primary combustor was assumed to be 0.98 and that of the
afterburner, 0.95. The specific fuel consumption of the propulsive sys-
tem wilth cooling is dilvided by the specific fuel consumption without
cooling to obtain the specific fuel consumption ratio.

Compressor-air bleed cocling. - For s given bleed ratio and flight
condition, the engine compressor temperature and pressure ratios may be
computed from results reported 1in reference 22. Typilcal resulis used in
this analysis are shown in figure 11. The results of this particular
figure are for static sea-level operation of the engine. Figure 12 was
constructed from the results of reference 22 and shows the effect of the
bleed ratio B on the thrust ratio without cooling-air thrust added for
gn exhsust-ges temperature of 3900° R at sea level.

In order to determine the state of the cooling air et the entrance
1o the cooling-sir passage, a bleed ratioc and flight condition must first
be specified so that the pressure and the temperature can be read from
compressor-performance figures similar to figure 11. With these values
known, T, Pc,4: and Tc,4 can be found and the thrust and the specific

fuel consumption ratios determined.
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The thrust ratio is determined by filirst using the chosen value of
B and figure 12 to determine the thrust ratio without thrust recovery
from the cooling air. To this is added the thrust ratio of the cooling
air. The thrust ratic is given by

i) - (3 - ((W)) .

The specific fuel consumption ratio is the quotient of the over-all
specific fuel consumption with cooling end the over-all specific fuel
consumption without cooling. The engine fuel flow with compressor bleed
is calculated by the method used in reference 22.

Compressor bleed-air actuated ejector. - The pumping charscteris-
tics of this ejector are shown in figure 13. (See appendix B for the
derivation of the equations from which fig. 13 is computed.) It should
be noted that along each curve in this figure the welght-flow ratio and
the ejector geometry are varying continuously. The first step in the
matching problem i1s to determine the stagnation state of the ejector
primary fluid for a given bleed ratio from figure 11. The state of the
secondary air is determined from figure 6 and equation (3). An operating
point of the passage and the compressor bleed-air actuated elector 1s
cbtained when Mg, Py, A, and P are specified. The parameters o and

T are determined when M,, py, and B are given. The ejector tempera-
ture ratio is obtained from

Te,3 T+ B . (10)
Ts 1l o+ w A -

With Tc,S/TS’ g, and T known, the ejector pressure ratio is read from

figure 13. The wall temperature and the cooling-alr exit temperature
are determined from figure 3, and Pe,4 1s then computed by the methods
of reference 16.

With these paremeters known, the thrust ratloc can be determined.
The thrust ratio without thrust recovery from the cooling alir 1s deter-
mined by using the chosen value of B and figure 12. To this is added
the thrust ratio of cooling air. The thrust ratio 1s given by

(Fj,"k—a Vo)
(fn,c) (%n,c) N aﬁ/—i A og
Fn /g Fn /g (Fn)
wa.’\/e_lE
e il

(1)

n

2545
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The specific fuel consumption ratio is determined in the same
menner used for the case in which compressor bleed-zir cooled the
afterburner.

PERFORMANCE RESULTS

The performence of the engline with the verious cooling-air pumping
methods is presented in terms of thrust and specific fuel consumption
ratios as functions of the afterburner-wall temperature. The engine was
assumed to be operating at rated speed and limiting turbine-outlet tem-
perature at all times. .

Ram and boundary-lsyer air cooling. - The performance of the engine
with ram and boundasry-layer alr cooling is shown in figures 14 to 17.
At the higher afterburner-well temperatures, the performence of the
engine is virtuslly unaffected by cooling with ram or boundery-layer
air. However, the wall temperatures obtainable with these techniques
are severely limited by choklng of the cooling-zlr passage. The lowest
wall temperature obtalneble with the high-temperature burner (3900° R)
was 1925° R and occurred at a flight Mach number of 2.0 using rem air as
coolent (fig. 14(a)); but when boundary-layer air was used, the lowest
wall tempersture obtaineble was 2010° R and occurred at a flight Mach
number of 0.90 (fig. 16(a))}. A minimum wall temperature of 1695° R was
obtained wilth the 3500° R burner using ram air as coolant (fig. 14(b)),
while a minimum temperature of 1760° R was obtained with boundary-layer
alr. Gas temperature and flight Mach number had practically no effect
on the thrust and specific fuel consumption retios of the engine in
these cases, but flight Mach number was found to have a direct bearing
on the lowest wall temperatures cbtainsble (figs. 14 to 17).

Engine-jet &ctuated ejector. - The performsnce of the engine and
afterburner using the jet ejector with ram air as a cooling-sir pump is
shown in figures 18 and 19. It should be noted that each curve in fig-
ures 18 and 19 begins with that wall temperature for which the passage
1s choked. As & result of this choking of the cooling-sir passage, the
engine-jet actuated ejector can not maintain afterburner-wall temperstures
below 1925° R with the 3900° R burner, or below 1695° R with the 3500° R
burner, at any of the flight conditions investigated. Whenever the jet
ejector is usgble as a cooling-air pump, thrust ratios gbove 1 and specifie
fuel consumption ratilos below 1 are obtained at the high flight Mach numbers.
This is primerily due to the similsrity of ejector behavior with that of a
convergent-divergent nozzle (reference 23), and thus the thrust ratio
parameter essentially compares the thrust of a convergent-divergent nozzle
with the thrust of a convergent nozzle. Because of the very slight dif-
ference (less than 2 percent) in performance of the jet ejector using
boundary-layer air as compared with ram air, only the curves for the ejector
using rem air sre shown.
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Auxiliary compressor driven from engine shaft. -~ The performance of
the engine geared to sn asuxiliary compressor which pumps ram alr to the
coocling passage 1s presented 1y figures 20 to 23. It is interesting to
note that, as a result of an increase in the thrust of the cooling ailr,
a decreasse In wall tempersture generally correspcnds to an increase in
the thrust ratio and a decresse in the speclific fuel consumption ratio.
Consequently, over & large range of flight conditions the auxiliary com-
pressor acts as a thrust augmentor as well as & cooling-air pump.

Camparison of figures 20 and 21 shows that Fiight Mach number and
exhaust-gas temperature have only second-order effects om the thrust end
specific fuel consumption raticos. The effects of different efficlenciles
on the performance of the propulsive system for sea-level static opera-
tion are shown in figures 22 and 25. The effect ofusing boundary-layer
air instead of rem air was so glight that only the ram-air curves are
shown. :

Compressor sir-bleed coocling. - In figures 24 and 25 the perform-
ance of the engline with compressor bleed is shown. From these figures
it can be seen that any wall tempersture down to 1700° R or lower nay
be obtained, 1f desired, but at the expenseé of a considerable Increase
in the specific fuel consumption and a decrease iIn the thrust ratio
reaching 1.16 and 0.58, respectively, for an exhaust-gas temperature
of 3900° R, an afterburner-wall temperature of 1600° R, and sea-level
static operation (figs. 24(e) and 25(a)). Thrust-ratio losses increased
as much as 10 percent in golng from an exhaust-gas temperature of 3500°
to 3900° R (fig. 24).

The effect of flight Mach number cn the thrust and specific fuel
consumption ratios is greatest at the lower wall tempergtures and with
the high-temperature sfterburner (figs. 24 and 25). With an exhsust-gas
temperature of 3900° R at an altitude of 35,000 feet and a wall tempera-
ture of 1700° R, the change in thrust ratio and specific fuel consumption

ratio over the range of Mach numbers investigated is about 7% percent.

Compressor bleed-air actuated ejector. - The performance of the
engine with an air ejector actuated by compressor bleed air for a
cooling-alr pump ls shown 1In flgures 26 to 28. The ailr ejector is
assumed to have a welght-flow ratio of 3.00. Flight Mach number has
only a minor effect on thrust snd specific fuel consumption ratios, par-
ticularly at the hlgher wall temperatures (fig. 26). It is clear that
any wall temperature in the range Investlgated caen be cbtalned with only
moderate losses in thrust and specific fuel consumption (fig. 27). There
seems to be no significent change in the performance of the engine in
going from an average exhsust-gas temperature of 3500° to 3900° R when
the compressor bleed-gair ejector 1s used as a cooling-air pump. Further-
more, the difference between the thrust end specific fuel consumption
ratios when boundery-layer air is used as the ejector secondary fluid
instead of ram air is so slight thet only the curves for ram air are
shown.

2545
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The most efficient way to use the air ejector a&s a cooling-air pump
is to vaery the weight-flow ratic. The welght-flow ratio is then opti-
mized for each flight condition. Because of the many wvarisbles involved
in the analysis of this particular pumping combination, it was not con-
sidered practicsl to present curves showing the effect of various
weight-flow ratios for every flight condition. The effect at sea-level
static conditions of different weight-flow ratios on thrust ratio 1s
shown in figure 28. It appears from examination of figure 28, that an
increase in weight-flow ratio causes large increases in thrust ratio.
Such increases 1n thrust ratio are possible up to the point where ejec-
tor geometry and flight conditions cause choking in the secondary pas-
sage. Once the secondary passage 1s choked, no further increase in
welght-flow ratio or in thrust ratio is possible. The weight-flow
ratio of 3.00 was chosen for thls report because 1t gave nearly optimum
performance and dld not cause choking for 21l of the flight conditions
investigated. o

Comparison of Varicus Cooling-Air Pumping Methods

The performence of the propulsive system with the varicus cooling-
air pumping techniques can be compared by cross plotting the results
shown in figures 14 to 28. Such & comparison is made in figure 29 for
an afterburner operating with an exhsust-gas temperature of 3500° R and
a wall temperature of 1860° R. Al]l the cooling schemes except that of
boundary-leyer pressure recovery are shown using ram air. From fig-
ures 29(a) and 29(b) it can be seen that the auxilliary compressor has a
higher thrust ratlio and lower speclfic fuel consumption ratic than all
the other pumps at sea-level static operation. The thrust ratio of the
auxiliary compressor at this condition 1s 1.015 and the specific fuel
consumption ratio is 0.990. This thrust ratio of 1.0l5 represents an
actual gain in augmented thrust as a consequence of cooling the afier-
burner. The auxillary compressor, however, is inferior to ram or
boundary-layer air at the high Mach numbers where either can be employed.
At sea level, sufflcient cooling is not supplled by ram-air cooling
below a flight Mach number of 0.655 or by boundary-layer air below a
Msch number of 0.752.

The performance of the engine-jet gctuated ejector is poor at take-
off but improves with Increasing flight Mach number, &nd at a Mach num-
ber of 0.79 surpasses all the other cooling schemes. Because increasing
the cooling-alr pressure ratio causes the jet ejector to act more like
an isentropic nozzle, it appears that a combination of the engine-jet
actuated ejector and the compressor-bleed-air actuated ejector or the
auxiliary compressor could be used to obtain a higher thrust ratio at
ell £1ight conditions.

A comparison of the cooling schemes is shown in figures 29(c)
and 29(d) for an sltitude of 35,000 feet. The most important features
of these curves are that boundary-lsyer air will not cool the afterbur-
ner well to 1860° R in the Mach number range lnvestigeted and that the
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engine-jet actuated ejector has a higher thrust ratlo and a lower spe-
cific fuel consumption ratioc thai a&ll the other cooling-alr pumps gbove
a f£light Mach number of 1.11. Below this Mach number, the cooling-air
passage 18 choked and the ejector cannot pump enough air to cool the
afterburner shell to 1860° R. Ram-air pressure recovery is also insuf-
ficlient to pump encugh cooling air below a Mach number of 1.11. In
order to encompass the complete range of flight conditions, the englne-
Jet actuated ejector could be used in series with the compressor bleed-
air actuated ejector or the auxiliary compressor; these combinations
would give higher thrust ratios than when any of these techniques was
used alone. ' -

CONCLUSIONS

An analysis has been made of the performance of several methods of
punping cooling air to turbojet-engine afterburners utilizing cooling-

sir flow requirements from previdus experimental and analyticsl investi-

gations. The performance of the cooling-air schemes was evalusted for
vearious operating temperestures and f£flight conditions on the basis of

(a) the ability to pump cooling air and (b) the effects of pumping the
cooling air on the thrust and specific fuel consumption of the engine.

This analysis showed that ram and boundery-Ilayer pressure are high
enough to supply sufficient cooling eir only at high flight Mech num-
bers. Choking limitations in the cooling-alr pessage limited the appli-
cebility of the engline-jet actuated ejector at low flight speeds to
exhaust-gas temperatures below 3500° R. At high flight Mech numbers,
however, the performance of the engine-jet actuated ejector improved
because of the increased density and pressure ratic of the cooling air.
Cooling with compressor-exit air bleed 1s unsatisfactory beceause of high
thrust losses and specific fuel consumption Increases, but the use of
compresgor-exit bleed air as the primary fluid in a high-performsnce
ejector gives satisfactory performance over the entire range of flight
conditions. Very good performance over the range of flight conditions
can also be cbtained with an auxilliary compressor geared to the englne.
These results suggest that further improvements may be obtained by using
the auxiliary compressor or the high-performance ejector 1n series with
the engine-~jet actuated ejector. .

Iewis Flight Propulsion Laboratory
Nationsl Advisory Committee for Aeronsutlcs
Cleveland, Ohioc
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APPENDIX A

SYMBOLS

The followlng symbols are used in this report.

F1,Fp,Fz

FJ’C

n,c

g é$ 2 o~ 4 M O m (o]

o]

>y

area, 8q ft

cooling-passage helght, £t

specific heat at constent pressure, Btu/(1b)(°R}
specific heat at constant volume, Btu/(1b)(°R)

dismeter, ft

factors used in ejector analysis (defined in appendix B)
jet thrust of cooling air, 1b

net thrust, 1b

total net thrust with cooling

mass velocity, 1b/(sec)(sq ft)
acceleration due to gravity, ft/sec?
enthalpy, Btu/lb

mechanical equivalent of heat, f£t-1b/Btu
mixing-tube length, ft
cooling-passage length, ft

Mach number

flight Mach number

total pressure, 1b/sq ft

static pressure, 1b/sq ft

gas constant, ft-lb/(lb}(oR)

net thrust specific fuel consumption

15
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oA

W
Subscripts:

a

SR ' NACA RM E52K26

totel temperature, °R.

static temperature, °R

heat-transfer caefficlent, Btu/(sq ft)(sec)(°R)
velocity, ft/sec

welght flow, 1b/sec

ejector mixing-tube ares
ejector primary nozzle-throst ares

ejector primary nozzle-exit ares
ejector primary nozzle-throst ares

compressor bleed ratio
ep/cy

empirical factor
compressor efficiency -
elector diffuser efficiency

total temperature :
NACA stendard temperature

cooling-air welght flow
engine-air weight flow

ejector primary total.pressure

ejJector secondary total pressure

ejector primery total temperature

ejector secondery total temperature

ejector weight-flow ratio

air . e e s

f

ey

I
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c cooling air

B engine plus afterburner

g gas

P shaft power extraction

P primary

] secondary

W wall

B campressor bleed

0 free stream

1 compressor inlet

2 compressor exlt

3 teil-pipe and cooling-passage entrance
4 tall-pipe and cooling-passage exit

5 cooling-passage scooOp

Superscripts:

t ejector primery stream

vt ejector secondary stream
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AFPENDIX B

ANATYSTS OF COMFRESSCOR BLEED-ATR EJECTCOR PUMP

The ejector shown in the schematic diagrsm in figure 30 may be
analyzed readily if it 1s assumed that:

(1) The flow is one-dimensional.
(2) The flow is isentropic¢ from station O to station 1.
(3) The mixing tube has a constent area

(4) The mixing-tube length is such that the primsry and secondary
streams are completely mixed at station 2.

(5) The diffuser has a constant efficiency.
(6) Friction effects are negligible.

With these assumptions, a balance of mass flow, momentum, and energy
may be written between stations 1 and 2. They are, in order,

W= W o+ w't (B1)
wluli wl‘ Iulil w-uz
+ Pl'Al' + -‘T— + Pl' 'Al” = ? + pzAz (BZ)
) t 1 1 uzz
L =

wiHg' + w''Hy' v\B2 + 355 (B3)

where ' and '! refer to the primary and secondary streams,

respectively. By definition
1-r

(e N(“l“)(o )T e

where it is assumed that the thermodynamic constants of the fluid are
constant and that the primery nozzle is always fully expanded. From
equation (B2) the following equation is obtained:

P2 o! ot Py
567 (1 + TMQZ) =1(1 + Ymi'z) 4 (1 + YMi"z) (l _ ?;) o =F,

(B5)

Gl
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where py' =Dpy'' =P

If equations (Bl) and (B4) are used, the energy equstion may be
written as

T+1

2 - 1=

Pz2_ T-1,2\py2_(t+0)@+w)( 2 )r-l_
(Po') (“ 2 MZ)MZ - Tl (v+1 = fz

(B8)

F
Let Fz = éé; then, the use of equations (B5) and (B6) yields the Mach

number at station 2:

2
2 2 2 3
M T T oI\ Y- 2. L1 1 (27)
YFz - —5 TFz - —5 T3z - 735
Note also that
Py Fy

= 5 (B8a)

Po 1+ M .

TS T + O

To'' ~ 1T+ (B8b)

An enalysis of the diffuser of efficiency 7y shows that the stagnation
pressure at station 3 can be computed from

Pz Pz [Po' 1 Yl
= r - 2]¥-
Po’’t " Po' (Po") (l T TIDMZ) (B9)

Thus, for given (or assumed) values of pg!'/pg'', T, and M;'', the

ejector temperature ratio may be determined from equation (BSb) and the
pressure ratio from equation (B9). TFigure 16 was constructed from the
results of thls analysis with 7y = 0.80, My*' = 0.60, and AS/AZ = o

(diffuser-ares ratio).

It should be noted that equation (B4) gives the theoretical weight-
flow ratio of the ejector. The actusl welght-flow ratio is equal to
where € 1is less than 1 snd 1s determined from experiment. A wvalue of

&€ = 0.90 was used in calculating the data for figure 13. The introduction
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of this empirical factor causes the computed ejector pressure ratio to_ be
lower than the idesl and also ¢auses the ejector temperature ratio to be
higher than the ideal. It also has the effect of making only one solu-
tion of equation (B7) possible; namely, a subsonic soclution.
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Figure 1. - Schemetic dlagrams of various cooling-air pumping methods.
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Figure l. - Concluded. Schematic diagrams of variocus cooling-alyr pumping methoda.

a¥se



2545

2400 W
g.; \ Theoretical analysis
" 2200 N — ——— Experimental correlation
B
Py \ \
g \
o
% \\ N Ty 4
OR)
2000
» ~
\\ \\ oo
\'\\:\ S~
&
0 \N\ \
S ™~ 13500 -
i 1800 ~ \\\ \
: T
— ~
3500 | ™S~
1600 ™
02 .04 06 .08 .10 .12 .14 .16 .18

Figure 2. - Bxperimentel snd theoreticael cooling-elr flow requirements at sea-level conditlons. Fllght

Cooling-air welight-flow ratlo,

Mach numbher, O.

HY

9232 WH VOV

Q2




26

«SONREDIRETE, NACA RM E52K26
et riow
2300 " L
= T
2200 ﬁ /
e =l Z
2100 = — //

2000

10 A4 /
e

1800

1800

7

Afterburner-wall temperature, T_, °Rr

N

i} Pz
AT 7
//
o LA
P
14 . W
400 BQ0 . 800 1000 1200 1400

Cooling-air inlet temperature,

Tc,s, °r

(a) Afterburrer-wall temperature.

Figure 5. - Afterburner-wall temperasture and cooling-air outlet temperature
as a functlon of cooling-sir inlet temperature and welght-flow ratio at

sea-level condltions.

Exhaust-ges temperature, 3500° R; flight Mach number,



2545

NACA RM E52K26 JATREDIERN
e Cooling-air
gt
X //
oo oo 17
A~
& 1400 -/10 //
;; . // /1}4/
- Ddy.y
% // // ﬁé/
A A
s LA LS 4
I ayy/4
4
600 ///
sl

400 600 800

1000 1200 1400

Cooling-air inlet temperature, Tg,3,

(b) Cooling-air cutlet temperature.

Figure 3, - Concluded. Afterburner-wall temperature and cooling-air outlet

temperature as & function of cooling~-air inlet temperasture and we -

flow ratio at sea-level condltlons,
fiight Mach number, O.

Exhaust-gas temperature, 3500° R;

27



z8 SN NACA RM E52K26

3.0
] Auxiliary compressor
2.8 J
’ 3
4]
2.6 !l
Cooling-air
f welght-fiow
! retilo
o 2.4 / A
(=" . , / e —
~~
vy . 0.20
P-to.‘ ‘I / /.-__._._“,.
S [
o~ 2.2
B i L~
|1 /
g
E 2.0 / / -
4 ) /
[=1]
£ *,/ L -
E 1.8 /J i
. 7 —a
-ﬁ |
: 1 =
L
S 1.8 // ] A/
o} - |1
8 /L/
m — / _ .10 [
. = —
/ N,
o] ]
——————"'———q ;
1.2 / .
.05
/
/
“NACA
1.0 . A :
7 .9 1.1 1.3 1.5 1.7 1.9 2.1 2.3

Cooling-air inlet temperature ratio, Tch/to

Filgure 4. - Cooling-alr-psssage pumping charaocterlstics at sea-level conditions.
Exhaust-gas temperature, 3500° R; flight Mach number, O. -



2545

NACA RM E52K26

Cooling-air
welght—flow
ratio
Y
3800
0.20 |/
3600
3400 //
/
£ o //
2 / A
3 )4 s
. 3000 / //
o
g / /
® 2800 P
3 / L~
=
: -
<
5 2600 // -
8 / .10 //
e
2400
//
,//
.05
2200
2000 L E 1
400 500 800 1000 1200 1400 1600

Figure 5. - Cooling-air outlet pressure as 2 function of cooling-air Inlet temper-

Cooling-eir inlet temperature, To,3 °R

ature at sea-level conditioms. Exhaust-gas tempersture, 3500° R; flight Mach

number, O.

29



Pressure recovery, Ps/p,

Iaentrop 1

c

\\\

/A

Ram diffuger] -

Flight Mach mumber, M

Flgure 6. - Presgure recovery as & fimetion of £1ight Mach nomber.

/ 7 Bomndary-layer s¢cop ]
pz T
L
// ]
.2 .4 .6 8 1.0 1.2 1.4 1.6 1.8 2.0

og

92HZSE WH VOVH




2545

NACA RM ES52K26

.24

.20

.18

Welght~flow ratio, xv'_ro,é/wg,‘

s}

Cool. -air pressurs
i S S
Po,4/Po
0.40

.50
=60

- T0
.80

]
Av+adadoondAAND]

rOapERERE,
8888858888

/{

\ N
\ N hY
Q ) 4 \ \ \\ \X
R R\ X N M\‘
RNV EN N
Rt AN AN K
f a \‘1 \ . A Nﬁ\
PEXNVINIEES T
P AN\
PERES S S

1

2 3 & =] & 7 8 9 10

Afterburner preasure ratlio, Pg, o/vo W

Figure 7. - Typical engine-jet actusted-ejector flow characteristics. Cylindrical shroud; ejJector
diameter ratio Dsﬁbp, 1.21; ejector spacing ratio L/Dp, 1.60.

31



™,
1.3 ! <]

/

1.z

A_
/

1.1

Cooling-air

pressurs 1

ratio

Pc,4/1’0
0.40
50
.60
.70
.80

obREER,
82888588

alr flow

1

No coaling-

[
W

1.0

Jet thrust ratio
p 2

%
i
\l
|

"
v

.7

1 2 3 4 5 6 7 a 9 10
- Afterburner presesure ratio, PE,4/P0

Flgure 8. - Typical engine-jet actuated-ejector thrust characterlstics. Cylindrical ahroud; ejector dlameter

retio Dg/Dp, 1.21; ejector spacing ratic L/Dy, 1.60.

T i 1 ¥ 2545

3%

9ZM2SE Wd VOVM




2545

9
8
£, /
" /
u’\
S /
o
B
g
o
5
/]
m
& 5
y
1
[a]
/]
/]
g
4
8
(3]
P
i
-~
:ﬁ* 3
<
2 /
1// ,
1.0 1.1 1.2 1.9

Figure 9. - Pumping characteriatice of auxiliary compressor.

Auxiliary compressor temperature ratio, T, ,5/‘1‘5

Compresacr efflciency, 85 percent.

Hf

92M2SH WY VOVN

ge




Flight Mach
numbeyx

1.00 -

/
g
|

o

ﬁ- 2-0
Tr—

/
[

.98

1.4
[ —

-

/

////!

//"”

/N
//Aaval

Altitude

Sea level ~

—=—— 35,000(ft) \

Thrust ratio

~
) “"%

{% 4

4] .02 .04 08 08 .10
Power extractiocn factor

Az .14

Figure 10. - Thruet ratio as a function of power extiracticn factor. Exhaust-gas temperature, 3500° R.

¥e

922Sd WY VOVH




35

‘0 ‘aequmu ToBW QUIITA °SUOTLIPUOD TereT~Bes
98 0738I PeeTq JO UOT1OoUNg ® 88 SO0T38X eanssexd pus eanysxedmey Jossesdwo) - °*TT eandig

NACA RM ES5ZKZ26

d ‘orgsx peelqg

91° ¥1° a1 01° 80° 90° 30 20°

% 007
¥
@
o
B
//l ov'y K
//l m.

a— 08°%
// _..G.d
w
/ TI—

~~——

02°s

$9°T
G
3
~ ]
/// 89T m
L H
R
// m
2gL'T O
j/ ZTH_
=)
S~ -

9L°T




1.00
.92
.84

Q

ol

3

£

»

m

é .76
-Ba
.60

Bleed ratio, B

Figure 12, - Thrust ratlo as a functio of bleed ratioc, Exhaust-gas tempez"at.ure, 3900° R,

S~
RN 35,000 £
S S "0 " Veo )
\ \\ 2.00"\
S S
N Sea level
\:\\\ =0 o]
\\ .9
NN
NS
SN
X %
\\
3.
.02 .04 .06 08 .10 12 1L 16

9e

9ZM2SH WH VIVN



2545

5.0

NACA EM E52KZ28 S
2
e Z
i Fie] ~
(=] 2] ﬂ_.mﬂl. m ]
P . s
& . A—w
[ ] - ) | 1 [
@0 " S
¥ e .
S S Sy
w_\ Scw .Lu_a
¥ 1
o o o

|
= 2.0
P

|t O =

Hi 3
"1

o =4.0; T = 1.75

———
g =4,0; v = 1,50

I

1

| o=

S.C; T = 2,0

/c,

o= 3.0; ¢ = 1.50

"]
/_--""__,_-—-

=
=
=
L
]

// P
=
//
|
Lo

L~ [~
g
—
/
///

// N
\ //////
AN
o [0} 0 Lu n/m
o ~ — — 1
ma\mnoa ‘ogea eanyeredmes-Tw30q a0306[F

4.8

S.4 3.8 4.2

2.6 3.0
Ejector total-pressure ratio, PG’S/PE

L4 1.8 2.2

1.0

Figure 13. - Pumping characteristics of simple air ejectaor.

37



1.1 35,000 &%
Mgy = 0,80~
0" 140 ™l
2.00 ]
\
\ \
/
See lovel L1
MO = 0-50 =
l90J
3 Ig
E‘. (a) Exhenst-gas temperature, 3900° R.
1.1 |
T 35,000 £t
Mo = 0,80~
é 1.40 ‘.\\\
Soa levoli S ey
My = 0.50—__
.90
0 | &5
1500 1600 1700 1800 1900 2000 2100 2200 2300

Afterburner-wall temperature, T., °R
(b) Exhaust-gas temperature, 3500° R.

Pigure 14, - Thrust ratio as a function of afterburner-wall temperature for ram-pressurs recovery.
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